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Abstract

The transonic flow past unswept and swept wings has been studied. For this
purpose the transonic potential flow equation is solved for inviscid compressible flow.
The shock waves are replaced by discontinuities across which the entropy is
conserved. The velocity field and pressure coefficients are estimated as function of
free stream Mach number. The results show the effect of free stream Mach number on
shock waves location and the velocity field around the wing section. The Euler
solution and potential flow solutions are identical at subsonic flow; however, at
supersonic flow the potential theory can no longer predict the flow field correctly. The
results show the important effect of sweep angle on the value of the critical Mach
number for wings. By using Visual foil plus the pressure distribution and lift
coefficient and Mach contours for flow Past a NACA 0012 airfoil can be predicted.

Keywords: Aerodynamic parameters, Transonic flow, Unswept and swept wings,
Shock wave of wings
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Nomenclature

Symbol Unit Description Unit
Cp Drag coefficient -
Cpr Induced drag coefficient -
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Cy Lift coefficient -
Cp Surface Pressure Gaefiit -
M Mach number -
Mcc Crest critical Machmber -
Mpp Drag divergence Mach nemb -
Mp v Drag rise Mach number -
P pressure Ain?
Py Stagnation pressure N/m?
Poo Free stream pressure Mm?
Re Reynolds number
T Static pressure K°
To Stagnation temperatur K*
t Thickness m
t/c Thickness todddh Ratio -
n Span Location (¥@8.ength) m
Y Specific Heat Ratio -
v Y velocity component m/s
1. Introduction aerodynamic parameters of swept and

ransonic flow past wings is
the flow field at free stream
Mach number within the

range (0.85 — 1.2). The lift curve slope
for transonic flow may be estimated by

unswept wings in the transonic flow

regime are investigated.

2- Method of Analysis

2-1 Transonic flow past a NACA0012
airfoil

the conventional method, (fig. (1)) The transonic potential flow
namely, by matching the slopes for equation, which may be derived from the
subsonic and supersonic flows and after Euler equations for the inviscid
that down to reduced the distance compressible flow introducing the
between these slopes [9]. In recent yearsassumption that the flow is irrotational,
finite difference methods have been so that a velocity potentiap can be
quite widely used for the calculation of defined. Shock waves can be expected to
transonic flow. Andreas sommerer, [1], appear the profile is specially designed
showed transonic flow over airfoil , E to prevent their formation. Since an
.Krause,W.Jager(eds.), [2], calculated irrotational flow is isentropic, the
transonic flow past unswept and swept introduction of a potential implies that

wings
P.M.Congedo,C.Corre,P.Cinnella.,[3] ,
comprised shock wave over transonic
airfoil. And Jameson. ,[4] studied
efficient aerodynamic shape
optimization . In the present work the,
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shock waves are to be replaced by
discontinuities across which the entropy
is conserved.

The Euler equations are [10]:

do Oof  Og
—_—t— 4 2 =
at 0x t 0
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Consider a two dimensional flow
past an airfoil, Let u, v and q be the p't=M2a*2 ... (7)
velocity components and speed

p?

y M2

U=¢,, V=p,and p=

q=yuz+v? e (2) Because shock waves generate

entropy, they cannot be exactly modeled
by the potential flow equation. Weak
solutions admitting isentropic jumps
which conserve mass but not momentum
5 5 are a good approximation to shock
a(qux) +£(p(;bx) =0 ... (3 waves, however, as long as the shock
waves are quite weak (with a Mach
and let a be the local speed of number < 1.3 for the normal velocity

sound. Ther is to be determined from Ccomponent upstream of the shockwave).

The Euler equations now reduce to
the potential flow equation

the quasilinear equation Stronger shock waves tend to separate
the flow, with the result that the inviscid
(@2 — U?) e — 2UVD,, + approximation is no longer adequate.
XX xy

Thus this model is well balanced, and it
has proved extremely useful for

estimating the cruising performance of
transport aircraft. If one assumes small
disturbances and a Mach number close
to unity, the potential equation can be
reduced to the transonic small

disturbance equation. A typical form is

(a? = UDpy, =0 ... (4)

Which is hyperbolic if the local
Mach number M = gfa > 1, and elliptic if
M < 1. At the profile

the solution should satisfy the
Neumann boundary condition

d
w=0 (5) (1— M2— (y+ DM oy )bxx +
(I)YY == 0 ..... (9)
Where n denotes the normal
direction. At infinity the solution should Finally, if the free stream Mach

approach a uniform free stream with a number is not close to unity, the
speedq,, and Mach numberM,, . The  potential flow equation can be linear zed
local speed of sound can be determinedas
from the energy equation
) . . (1= MZ)dxx + dyy =0 (10)
2, v o> _ 1  y:iy o . 10
a®+ 2 q - (M%-l_ 2 )CIoo
"""" (6) By using Visual Foil Plus the
i i . pressure distribution and lift coefficient
Herey is the ratio of specific heats. ;.4 Mach contours for flow Past a

The densityp and pressure p follow NacA 0012 airfoil can be predicted.
from the relations
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2-2 Critical Mach number: - 2 LA
C o - Cp = — [(—=2—=—)17 — 1]
As subsonic air flow over an airfoil P = oz N
2 Pcr

(or wing), it accelerates, reaches a

maximum speed and then decelerates

toward the trailing edge
SinceT,= constant,

ulr-1
2Ry

0

..(11)

Thus, the Mach number of the flow
increases and then decreases.
magnitude of this Change depends on
the airfoil shape and the angle of attack.
Thus, it is evident that, as you. Increase
Moo, the highest local M on the surface
may exceed 1 long before reaches.M
The value of Mo at which the highest
M on the airfoil first reaches 1 is called
the critical Mach numbeVl,,. . [11]

Knowing that
P 4 gy
PO—(1+ M)y

For Isentropic flows relation

- i
Z=(+EME)r L (13)
Py 2
Or
PP — =2 (2
TMZp, Cr=z G~ D
....... (14)
Therefore
CP =
CH[Gatenis = 15
2 L
475 Klﬂ%mg) ] e (15)
AtM,, = M¢, , M reaches 1
somewhere. The value ofp at this
point can be

Found by setting M=1
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2-3 Supercritical Airfoils

The preceding discussion shows that
if M, >Mc, drag is greatly(tispd,how
matter Mcr can be increased, very thin
airfoil with a sharp leading edge may be

Theused, this is impractical for airliners. By

reducing the curvature on the upper
surface, therefore this reduction can lead
to decelerate the flow over airfoil, so

that any shock formed will be relatively

weak. Figure 16. Shows the differential

Cp and shock wave location over airfoll

and supercritical airfoil. [12]

2-4 Swept wing
The effect of swept wing angle/)

on C,slope and induced drag; of
awing is given by [9]
C, = 2mA
S /4+Aif2 [1+m"2é\2‘“a"t]
....... a7
Where
B*=—M?, n=C,/(2n/B) and

A : sweep back wing angle(A),ax:=
sweep of the line of maximum
thicknes<C; is the slope of lift curve of
the airfoil used on wing at chosen flight
Mach number. In the absence of this
information,n can be taken as 1. From
Eq. (17) it is seen th&, decreases as
sweep increases.

Based on experimental data on swept
wing, [5] [6] the induced drag of a swept
wing is inversely proportional to cosine
of (A-5%) i.e.
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M2 -1

However when the critical Mach
number is exceeded unity, the drag
coefficient starts to increase. Making use
of this behavior we define the term
‘Drag divergence Mach numbeMfp)’

identical over almost all the section
surface.

Figure (5) shows the calculated
Mach  number contours around
NACAO0012 airfoil at Mw=0.8).The
flow is supersonic over nearly the entire
upper surface and deceleration to
subsonic speed occurs through a shock
wave near the trailing edge. The lift is
drastically reduced.Separation at the
foot of the shockwave is more

as the Mach number at which the slope conspicuous and the turbulent wake is

of theCp vs. M curve has a value of 0.1
i.e. (dCp/ dM) = 0.1. [7] . For a swept
wing the change in drag divergence
Mach number due to sweep anglg( is
given by the following equation:-

1-(Mppla  _
1-(Mpp)a=0

A
90

Where (Mpp)a=o and(Mpp), are
the drag divergence Mach numbers of
the unswept and the swept wings
respectively, A) is quarter-chord sweep
in degrees.

3- Results and Discussion

Figure (2) shows the calculated
Mach  number contours around
NACAO0012 airfoil at free stream Mach
number (0.5). The flow around the
airfoil is subsonic. The slope of the lift
curve as indicated in fig. (1) Is
approximately (9/rad). The flow field
measurements about supercritical airfoil
section given by Hurley, etal. [12] is
shown in fig. (3). Good qualitative

agreement between the present resultS,acome weaker

(fig.2) and measurement (fig.3) s
obtained. The calculated Euler and
potential flow pressure distributions on
NACA0012 airfoil at M«=0.5) are

shown in fig. (4). The two solutions are

952

wide. Good qualitative agreement is
obtained between the present results
(fig.5) and measurements [12] (fig.6).
Fig. (7) illustrates the pressure
distribution over NACAQ0012 airfoil at
(M0o=0.8).The compressible pressure
coefficient (Euler results) is radically
different than the potential theory results
on both the upper and lower surface of
the airfoil.

At free stream Mach number
(Mwo=1.0), the shock waves both for the
upper and lower surface have reached
the trailing edge, as shown in fig.(8).
The local Mach number is supersonic for
most of the airfoil surface. The lift curve
slope wills increase as indicated in fig.
(1).When the Mach number equal to
(1.6) the free-stream flow is supersonic,
a bow shock wave (i.e., the detached
shock wave in front of the leading edge)
is generated as shown in fig. (10).The
flow around the airfoil is supersonic
everywhere except very near the
rounded nose. The shock waves at the
trailing edge remain, but they have
The lift curve slope
wills decrease as indicated in fig. (1).
The Euler results for the pressure
distribution are shown in figures (9) and
(11).The subsonic potential theory can
no longer predict the pressure coefficient
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at Mach number equal to unity or higher. [1] Andreas Sommerer, Thorsten Lutz
Figure (12) indicated the differential and Siegfried Wagner: Numerical
Cpand shock wave location over optimization of Adaptive Transonic
NACA0012 airfoil and supercritical ~Airfoils with Variable Camber. In:
airfoil [16]. Note, such airfoil were Proceedings of the 22 International
among the first to be designed using Congress of the Aeronautical Sciences,
detailed mathematical computation 27 August — 1 September, 2000,
comparison of transonic flow over usual Harrogate, UK, 2000.
NACA0012 and supercritical airfoils. [2] E. Krause, W. Jaager (eds.): High
Figure(13) indicated the flow past performance computing in science and
unswept and swept wings, the difference engineering ‘02. Transaction of the
between the critical Mach number for high performance computing center
the unswept wing (=0.7) and the critical ~ Stuttgart (HLRS). Springer 2002.
Mach number for the swept wing with [3] P.M. Congedo, C. Corre, P. Cinnella,
sweep angle (35 deg.) (=0.85).That's 2005,"Airfoil shape optimization for
mean the shock wave generated on the transonic flows of Bethe-Zel'dovich-
unswept wing atM, = 0.7 and it's Thompson fluids”. Accepted for
generated on the swept wingMat = publication in AIAA Journal.
0.85. Finally, fig. (14) Shows the drag [4] Jameson. Efficient aerodynamic
coefficient vs. Mach number [9]. Figure ~ shape optimization. AIAA Paper 2004-

(15) shows the flow chart for Visual foil ~ 4369, 2004. _
pulse software. [5] Grasmeyer, J.M., “A Discrete Vortex

4-Conclusions Method for Calculating the Minimum

The transonic flow past unswept and Induced Drag
swept wings has been studied. The and Optimum Load Distribution for

velocity field and pressure coefficients Aircraft Configurations with
are estimated as function of free stream Noncoplanar Surfaces,”
Mach number. The results show the VPI-AOE-242, Department of

effect of free stream Mach number on Aerospace and Ocean Engineering,
shock waves location and the velocity Virginia Polytechnic o
field around the wing section. The Euler Institute ~ and  State ~ University,
solution and potential flow solutions are ~ Blacksburg, Virginia, 24061, January,
identical at subsonic flow; however, at 1997.

supersonic flow the potential theory can [6] Hoerner S.F. “ Fluid-dynamic drag
no longer predict the flow field . published by Herner Fluid
correctly. The results show the important Dynamics, Brick Town ,NJ ,1965.
effect of sweep angle on the value of the [7]Shevel , Richards , ; Bayan, Fawzi,P,;
critical Mach number for wings. By  Development of a method for
using Visual foil plus the pressure predicting the drag divergence Mach
distribution and lift coefficient and Mach ~ number and the drag due to

contours for flow Past a NACA 0012  compressibility for conventional and
airfoil can be predicted. supercritical wings .Stanford, A,
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Figure (1) Lift curve slope as a function of Mach nmber [9]

Figure (2) Calculated Mach number contours around MACA0012

SUBSONIC 2-D
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THEORETICAL THEORETICAL
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THICK AIRFOIL

TYPICAL SWEPT WINGS
HIGH ASPECT RATIO
LOW ASPECT RATIO

1.5 2.0 2.5 3.0

MACH NUMBER

Airfoil (M o = 0.5).
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Figure (3) Measured Mach number contours around suegrcritical
airfoil (M o0 = 0.5). [12]

Pressure Coefficient (M=0.5)

nn

Cp
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e

o Euler Result
— Patential Flow

-1.00 T T T T
onog ozo 0.4n0 060 0o 1.00

Figure (5) Calculated Mach number contours around
Figure (4) Pressure distribution on NACA0012 airfol NACAO0012 airfoil (Mo = 0.8).

(M=025).
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Figure (6) Measured Mach number contours around
supercritical airfoil (M « = 0.8). [12]
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Figure (7) Pressure distribution on NACA0012 airfol
(M =0.8).
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Figure (8) Calculated Mach number contours around
NACAO0012 airfoil (Moo = 1.0).
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Figure (9) Pressure distribution on NACAQ012 airfoi
(M =1.0).
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strong shock
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. lower surface e upper surface

/
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J
s

v

From Bertin & Smith, 2nd Edition, p. 366
Figure (10) Calculated Mach number contours around
NACAOQ012 airfoil (Moo = 1.2) A.NACAQ012 airfoil  b. Supercritical airfoil SC (2)-
0410
Pressure Coelficient {(M=1.6)
Figure (12) Differential Cp and shock wave location
1 over a. NACAO0012 airfoil and b. supercritical
Airfoil SC (2)-0410 [16]

0,60
—& Euler Result

0204
M, vV, Airfoil section with M. = 0.7

W

-cp

0204 4

-I60

-1.00 T T T T
0.00 0.2o 040 0.60 080 1.00

M., for swept wing~ 0.85

Figure (11) Pressure distribution on NACA0012 airfd
M =1.2) com|

rfoil sees only this
velocity M. = 0.7

M, For swept wing

Figure (13) Flow past unsweep and a sweep wing [17]
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Figure (14) Drag coefficient vs. free-stream Mach
number [9]
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Input Data

Moo;Reia;CP;CL;CD;A;MDD

Y

My, , Calculated

M = f (A, Mpp ) At value of swept
angle .

A 4
Visual foil pulse code to solve Euler and
potential flow. Pressure distribution

was conduct.

Estimation of lift coefficient of 2-D airfoil
CL = f (ARrﬂ'nrAmaxt)
Cp=f(My,,A)

End

Figure (15) Flow chart for Visual foil pulse
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